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. . ■ affected by sweepbajce outside the MACH cone ■ 

By H. Reese Irey and Edw^d N. Bowen> Jr. 
SUMMARY 


The theoretical supersonic section lift and drag, charaoteri sties 
of thin, wedge -shape, imtapered airfoils with sweephack are presented. 
The results apply to those paarts of the wifiig in two-dimensional j 

flow and are not appllcahle to wings swept hack within the Mach cone 
of the center section. The results may alse he appiUed to swept- 
forward wings if the angle of sweep is not enough to put the wing 
within the ilach cone from the tips. 


IHTROIODTION 


A simplified method is presented’ in reference 1 for determining 
the pressure dlstrihution .-around thinj sharp-nose airfoils at 
supersonic sp>eeds. This method considers the entropy increase 
through the shock waves and calculates the pressijre changes through 
the shopk snd expansion waves . The method was shown to he 
accurate for wedge-shape airfoils ..^d to give a close approximation 
for continuously curving airfoils.' The calculated pressure distri- 
hution was shown to check the exp>erimental dlstrihution at low 
Reynolds numbers except for a small region of separated flow near 
the trailing edge. The type of flow encomtered when.extre^ 
sweephack (within the Mach cone) is used at supersonic speeds is 
discussed in reference 4. In that report it was shown that low drag 
coefficients could he ohtalr^d when the wing was swept hack sufficiently 
to make the velocity component pe3?pend1 cular to the leading edge of 
the wing suhsonic. ■ Experimental results at hi^er Reynolds numbers 
show that. the region of hreakaway heconieB negligihlo as the Reynolds 
number increases and hence the calculations should he accurate for 
full-scale aircraft. 

Reference 2 used the method of reference 1 to calculate the - 

characteristics of tliln douhle-wedge airfoils at supersonic speeds. 
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The section characteristics for ving sections swept hade outside 
the Mach cone were first deteamliied Busemam in reference 3* 

In that paper the component theory was introduced and used to calculate 
some of the airfoil characteristics of swept -hack wings. 

The present paper extends the work of Bu¥ettwnn_(referenoe 3) 
find makes \ise of the component theory in conjuncticai with the 
method of reference 1 to determine the section lift and drag 
characteristics of swept-hack double -wedge -airfoil sections. A 
brief discussion is Included of the trends indicated by the results. 


SYMBOLS 


a speed of sound in air, feet per second 

o^. section pressure -drag coefficient . . 

02 section lift coefficient 

<■ 

M Mach number ■ 

t thickness of airfoil section, feet 

c length of chord, feet 

u component of free-stream velocity normal” to plane of shock 

V component of free-stream velocity in plane of shook 

Ap/g, pressure coefficient 

AP difference between local static pressure and free-stream 
static pressure 

g dynamic pressoire 

Pl static pressure on upper leading edge of airfoil 

P 2 static pressure on upper trailing edge of airfoil 

P 2 static pressure on lower leading edge of airfoil 

Plj. static pressure on lower trailing edge of airfoil 

7 ratio of specific heats 
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lift 

drag ' _ . 

slope of lift cuTTe 

angle of attack, degrees _ 

angle thro^xgh which flow tvums ( that is , change in siirf ace 
angle of airfoil), degrees 

sweep angle, degrees 

half angle of airfoil, degi'ees 

Mach angle, degrees 

Subscripts : 

a after shook 

b before shock 

o measured in free -stream direction 

e measured perpendicular to leading edge . 

T total 

M = 1 for the flew condition when Mach number equals unity 
M'= 0 for the flow condition when Mach number equals zero 

ISEOEETICAL CONSIEERATIOHS 


L 

D 

da 

a 

A 


The equations of Meyer as given in reference 5 show that the 
velocity camponents normal to any plane shock (herein designated 
u-jj, ‘before shock, and Ug^, after shock) are related to the speed 

of BovHid before the shock corresponding to a Ifech number of unity 
and the free -stream -velocity component in the plane of the shock. by 
the following equation : ' - . 
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where 


V 

®M=0 
Since ■ 


and 


spetjd of sound 
before shock 


correspcaiding to a Mach number of unity 



ccmipenent of free -stream velocity in plane of shock 
stagnation speed of sound before shock 



it follcrt’rs that 


UvU 


b'-^a 


gy Z_I. 

V -t- 1 7 + 


1 2 
rut 


From this relation it can be seen that, for a given value of 
local speed of sound before the shock 8 ^^ the 'change of state 
across a plane shock is determined only by the free -stream -velocity 
component normal to the shock plane ut* This fact is useful in 
calculating the theoretical section pressure distributions of the 
swept-^back wings considered herein. 

The obvious limitations to the method are that the wing 
section considered must not be swept back within the Mach cone 
fif the center section and that tiie wing section should not exceed 
the limits illustrated in figures 3 and 4 of reference 1 . 

For the present study the free -stream -velocity vector is 
broken Into components, one of which is parallel to the leading 
edge of the wing and is therefore in the plane of the attached 
shock wave. Since this component of free -stream velocity has been 
shown to have np effect on the change of state across the shock, 


A 
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the ptresstire distrlhutions can he calculated from the velocity 
vectors normal to the leading edge. 

For wings swept hack outside the Mach cons a part of the 
wing is, effectively, in two -dimensional flow. Figure 1 defines 
the zones of two-dimensional flow for the wing plan forms considered 
in the present paper. The part of the wing lying in the central and 
tip areas indicated in figure 1 will have considerahle three- 
dimensional flow. The calculations presented ai'e valid o3oly for 
the part of the wing in two-dimensional flow. The characteristics 
of a swept -hack wing of finite aspect ratio (tips and center 
section being considered) can he approximated hy a ccanhination 
of the results presented herein and the linearized method of 
reference 6. The calculations presented herein are sixitahle for 
swept -forward as well as swept -hack wings. In order to illustrate 
the effect of sweephack on lift and drag, a siiaplified analysis of 
the flow over the example wing shown in figure 2 will he discussed 
first. For this example, the wing is assumed to he operating under 


the following conditions! 

Free -stream. Mach numhar, k 

Angle of attack, a^, degrees • 1 

Thickness ratio perpendicular to the leading edge, . . . 0.05 

Sweephack angle. A, degrees . 60 


Figure 2 gives plane and side elevation views of the example wing 
for the operating conditions specified. Figure 2 differentiates 
between two methods of measuring section thickness ratio; namely, 
perpendicular to leading edge (section A-A) or parallel to froe- 
etream direction (section B-B) . In general, all calculations are 
carried out for v^uea of =0.05 and =0.05 and 0.10. 

The subscript "e" signifies effective and indicates that the 
ccmponent is measured perpendicular to the leading edge and the 
subscript "o",that the ccmponent is measured in the direction of 
the fTee-stream velocity. In order to make the calculations the 
free -stream Mach number vector is broken into three ccmpononts: 

M-j_ perpendicular to tho leading edge and lying in the plane 

determined hy the chord lines, M 2 perpendicular tp the plane 
determined hy the chord lines, and parallel to the leading 

edge. Except for tip effects, which do not Influence the section 
being studied, the flow parallel to the leading edge does not 
affect the pressure distribution and hence will he neglected. 
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In order to es^Jedite the calcvdations for the illustrative 
example, seme simplified equations ai’e used Instead of the exact 
equations -which are ci-ven in the appendix. ' It mu st ^ rm phaei ge d 
■that the approximate method has peen us ed ordir''‘in~lIa H^lluatrative 
exempt ,e . " ' 


For -small angles of attack 


s Mq cos a 2 


and 


Mp^ sa Mq sip C^Q 

Wow an effective angle of at tank la "based on M3_ and 142 
instead of Mq . . The vectoj.- . simi of aaid Mg is effective 
fi’ee -stream Mach mmibei-' Tho effoctl-ve angle of attack ttg 

is then 

^^2,-. % * 

«Xg n- sq:c ten •- — arc tan sin ■= — cos A 

- . Ml . . - o 

Fcr small angles of attack, sin and tan may "to replaced 
bj^ Oq . Then 

ttg s» oi'c tan 2° 

GOB A 


14l, tho problem has boon simplified 

to the extent that the lift end drag cheractorlstics of an 
unswept -wing section at 2^ angle of attack and Mach number 2 
can be used. Reference 2 gives tho pressure drag coefficient of 
this airfoil as 


and since 


Mg = 


H-.Mg 


« 0.0085 
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and the lift coefficient as 


Cj = 0.082 


These coefficients are "based on the dynamic proasure corresponding 
to Mg . In 

multiplied 1 

one component, c^ cos A , of the di’ag force is in the free -stream. 

direction; ccnaequently, the lift and pressure -drag coefficients 
"based on free -stream conditions "become 


order to hase -tliem on Mq the coefficients must "be 

/'“ef o 

~ ■ — I = cos'^^A . It lEust also "be remembered that only 




c, = 0.082 X 0.5^ = 0.0205 . 

o 

c^ = 0.0085 x' 0.5^ = 0.00106 


Some allowance must be made for slsln friction, which is changed only 
by a Reynolds number effect due to the sweepback. The escact n^inre 
of supersonic skin-friction drag is not as yet completely defined 
but for -the present analysis its effect can be shown by assuming 
that the supersonic skin-drag coefficient remains constant in the 
supersonic range at a reasonable subsonic value. If the effect of 
a skin -friction coefficient other than the value asBUni.ed herein is 
desired, the curves presented in this paper may be shifted accordingly. 
For this ezan^jle the skin -friction drag coefficient is assumed to be 
0 .006 and the total drag coefficient is 



= 0.006 + 0.00106 = 0.00706 


The pressure drag is thus caily a small part of the total drag. 
Reference 2 may be used to determine the section lift and drag 
coefficients of an unswept wing with a thickness ratio of 5 percent 
when thickness is measured perpendicxaar to leading edge for ttg = 1° 

and Mq = These data may be compared with the swept -back -wing 
section coefficients, as follows: 

Swopt-back Unswept wing 

wing, A w 60® 

0.00706 


0 ,0205 


0.00900 

o.oifio 
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In this particular case the addition of sweephack Increased the 
lift and decreased the drag of the section. It must he remembered, 
however, that this example serves cnly to point out the problems 
involved in calculating the airfoil characteristics of swept -back 
wings and is not intended to lead to any particular conclusions 
as to the general advantage of sweopback. Some of the equations 
used for this Illustrative example are approximaticns which do 
not apply at high angles of attack. Ihe exact equations used 
in the paper are cvimbersome and hence are presented in the appendix 
in order that the main body of the paper not be unnecessarily 
ccmpli Gated. 


PiRESENTAITON OF RESULTS 


Slone of the lift curve .- Reference 2 has shown that the 
slope of the lift curve decreases as the Mach number increases 
above 1.0. It can be expected, therefore, that the addition of 
sweepback at high supersonic speeds will tend to Increase the 
lift by making the effective Mach nusiber approach 1 and by 
Increasing the effective angle of attack but will tend to decrease 
the lift by decreasing the effective dynamic pressure. The 
resulnant effect depends on the actual speeds and angles involved. 


Figure 3 presents the variation with the sweopback of the 
slope of the section lift curves (based on free-stream angles of 
attack and free -stream lift coefficients) for a wing section of 
5-percent effective thickness ratio. Curves are given for constant 
values of free-streami Mach number. The curves show that at low 
supersonic speeds substantial increases in the slope of the lift 
curve are the result of increasing angle of sweepback. For 


dc. 


example , at Mq = . 1 .5 , 


= 0.0630 for A c 0° and dc 




If extf IUq ^ — V J.UJI' XJ. ^ \J CUMX 

has increased to a value of 0.0735 for A = 30®. However, at 
hi^er fonrard Mach numbers the slope of the lift curve does not . 
change appreciably with increasing sweepback until the sweepback 
is sufficient to reduce the effective Mach number to the vicinity of 
unity. 


Since reference 2 has shown that thickness ratio has no 
appreciable effect on the slope of liio lift curve, figure 3 has been 
limited to a single value of thickness ratio. 


Minimum drag coefficient .- Hie effect— of sweepback on the secticn 
minimum drag coefficients is shown in figure 4. 
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If th.© thickness ratio measured in the free -stream direction 
is held constant, th© section minimum drag coefficient will in 
general Increase subtly with an increase in sweephack. If the 
effective thickness' ratio is held constant, -the drag coefficient 
may decrease appreciably before increasing'. Ibis decrease is 
evident at Mach numbers considerably grea-ter than unity. (See 
fig. il-(a) at Mq = 8.) 


Eatio of section lift to drag .- The ratio of section lift to 
section drag has been selected as -the parameter which represents 
most clearly the effectiveness of an airfoil section acting as a 
lifting device . This parameter has been calcula-fced and plot'ted 
as a function of section lift coefficient cj for various ccanbi- 
t 

nations of A , — , and Mq . (See table I . ) The results include 

bo-th -the pressure drag and total drag. It should bo noted that, 

■wherever a combination of A , Ci , and resulted in a ■\raluo 

fcQ' o 

of effective Mach n'umber Mq less than 'the minimum value for 

which application of the me-thod of reference 1 is considered valid, 
■the curves were either omittod or restricted in extent. For 
operating conditions approaching these limits and ■with a wing of 
finite aspect ratio, the portion of th© wing for which these 
calculations are valid is a small percen'tage of ■the to'tal wing area. 


An examination of figures 5 -through 16 yields the following 
general trends : 

(1) For a given combination of Mq and increase in 

■the sweepback angle subs'tantially increases ■the ■Talues of maximum 


°d 


and 


'+ 6~.oo6* 


■o -o 

(2) For a given combination of Mq and f — j 

\ C /n 


an increase in 


•the sweepback angle does not appreciably affect the value of maximum 




or 


c]I + 6.oc6* 

Q-o 


(3) For a given combination of Mq and ^ 


an 


increase in ■Uie sweepback angle has no appreciable effect on the 

C j C7 

value of Cj for maximum — or ” 




Cd_ + 0.006* 
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{4) For a given combination of A and ( — ) or ' ( — ) 

\ eye \c /q 


an 


increase in iiie opei-ating free -stream' Mach nianber substantially 


decreases the value of o. 


c j 

for maximum — ~ or 


cj + O.CoS^ 


(5) For a given combinati cn ' of A and 
increase in the operating free -stream Mach number decreases the 


value of maximum 


+ o.op6 


but has no appreciable effect on ttie 


value' of maximum — 

ca^ . > . . , . . 

It may be of interest .to coBiparo tlie exact results of the. 
present, paper with the approximte formul.as developed from the 
linearized supersonic theory, ‘fhe linearized theory is, of course, 
restricted to thin airfoils at sniall angles of attack and at~ stream 
Mach n\3mbers large enough to, .give an attached shook,. 


■ . By use of the ccoiponent itheory the approximate fomulas for 
determining the characteristics of the ratio of maximum lift to 
pressure drag of swept -back sections are ’ 



si 


. 1 • 
2 cos A 



0-0 “ (^) A 
\/(M^ cob a)" - 1 


.These formulas provide- close approximation to the. exact values 
of the -present paper within the limi-bs of their application. 

It is evident that for bo-th swept-back and unswept wedge-shape 
sections the maxim-^ fs-hip of lift to pressure drag occurs when 
two sides of the wing section are parallel to the direction of flight. 
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CONCLUSIONS 


The calculated results presented in this paper Indicate - ; . 
that: . ■ 

1 . Increasing sueephaci: at a constant stream Ifech . ntmiber 
increases the value of the ratio of lift to pressure crag and t^ 
ratio of lift to total drag, provided that' the thiohness ratio 
measxired in the free-stream direction la allovred to decrease. 

2. Increasing sweeptacls: at a constant stream Mach’^increeses 
the slope of the lift cur’.’"e substantiellj except at high stream 
Idacti numbers where the effect is ne^igihle. 

3. Increasing sweophack at a constant stream Mach number 
decreases the minimum drag coefficient provided the free -stream’ 
thickness ratio is alloTOd to dsci’ease.- 

k, The section lift coefficient for the maximum ratio of lift 
to proeexnre drag and of lift to total drag decreases vith an 
increase In free-stream Mach number regaivless of s^i-eephack.’ 

5 . The' approximate linearized solution for the lift- and drag 
characteristics of a swept-cack wing section at the maximum value of 
the ratio of lift to pressure drag agree -^^ll with the exec b values 6f 
the present paper provided that.: (a) the airfoil is thin, (h) the 

airfoil is at a smaTI. angle pf attack, and (c) the free-stream Mach 
number la well above the mi.nim.-um value for an attached shock, - 


Langley Memorial Aeronautical Laboratory 

, National Advisory Cemmitteo for Aeronautics 
^ Langley Field, Ya., .iJeptaabei; 20, 19k-6 
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APPENDIX 

MEIEOD OF COMPUTATION 

Th© follovring formu3.as are derived by the application of 
trigonometry and einalytio geometry to the basic wing sections 
considered. (See fig. 2.) 

The effective Mach number Mq which is th© ccmponent of the 
free “Stream Mach ntmiber Mq acting perpendicular to the leading 

edge , is expressed in temns of the angle of sweepbaok A and th© 
free “Stream angle of attach «q as 


y 


1-^ = MqU 1 “ sin'^A cos' 




where 

Mg effective Mach number^ that is, th© oompcnent of 
acting perpendicular to the leading edge 

Th© effective Mach number Mg can be further broken up into 

(a) The component of Mg (and therefore also of Mg) lying 
in the plane of the chord lines and pe3T>endloular to the leading 
edge given by Mg cos ttg coc 

(b) The component of Mg (and therefore also of Mg) pei^en- 
dlcular to the plane of the chord lines, given by Mg sin Og 

The effective angle of attack, that is, the angle of attack 
of the airfoil section measured peipiendlcular to the leading edge, is 

tan ocg 

a = arc tan 

® cos A 


and the effective thlckaess ratio, that is, the thickness ratio 
measured perpendicular to the leeiding edge, is 
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If Is the half-aiigle of the airfoil measured perpendlctilar 

to the leading edge and 3g is the angle throti^ vhich the flow 

turns (that is, change in surface angle of airfoil) moasured in the 
plane perpendicular to leading edge, then 



% 


+ Pq = arc tan 


(|k 

COB A 


Ap 

Pressure coefficients are now determined hy the method 

le 

of reference 1 for the effective airfoil section operating at the 
effective angle of attack and at the effective Mach nimber. These 
pressure coefficients are then converted to lift and drag section 
coefficients based on free-stream measurements hy the following 
formulas ; 



c 


^o 




- Al^ Api^ 



+ 


KS) “-o + % 

Q-o le 


o 



! 

ro 


/ t\ 

+ 



- [-) Bin ttg + cos % 


le *310 


\ ^ fQ 


where the subscripts 1 and 2 refer to the leading ana trailirg parts, 
respectively, of the upper surface of the airfoil and the subscripts 3 
and k refer to the leading and trailing parts, respectively, of the 
lower surface . 
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RESULTS - Concluded 


©. 

©. 

A 

(deg) 

Mo 

0.05 


0 

1.5 to 8 

.05 

— 

15 

1.5 to 8 

.05 


30 

1.5 to 8 

.05 

— 

i)-5 

2 to 8 

.05 


6o 

4 to 8 

.05 

....... 

0 to 30 

1.5 

.05 

— 

0 to 45 

2 

.05 


0 to 60 

4 

.05 


0 to 6o 

8 


.05 

0 

1.5 to 8 

— 

.05 

15 

1.5 to 8 

— 

.05 

^0 

1.5 to 8 


.05 

45 

2 bo 8 

---- 

.05 

6o 

4 to 8 

.... 

.05 

0 to 30 

1.5 

— 

.05 

0 to 45 

2 

— 

.05 

0 to 6o 

4 


.05 

0 to 6o 

8 



.05 

0 

1.5 to 8 

— 

.05 

15 

1.5 to 8 


.05 

30 

1.5 to 8 

— 

.05 

45 

2 to 8 


.05 

6o 

4 to 8 


.05 

0 to 30 

1.5 

— 

.05 

0 to 45 

2 

— 

.05 

0 to 6o 

4 . 



.05 

0 to 6o 
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Fig. 1 



NATIONAL ADVISORY 
COMMITTEE FOR AERONAUTICS 

Figm*e 1,- Zones of two -dimensional -flow application. 
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Figiire 2." Example wing. 





Pressure drag coefficient, 


Fig. 4a 
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Figure 4.- Effect of sweepback on minim um drag coefficient. Oq = 


Total drag coefficient, Cj + 0.006 



Angle of sweepback, deg 
(b) ^^ = 0.05. 
Figure 4.- Continued. 
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Pressure drag coefficient, 


Fig. 4c 
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Figure 4.- Concluded. 


Total drag coefficient, Cj + 0.006 



Section lift to pressure drag ratio 


NACA TN No. 1226 


Fig. 5 
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Figure 5.- Ratio of lift to pressure drag; 
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Section lift to pressure drag ratio 


Fig. 5 cone 
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Figure 5.- Concluded. 








Section lift to pressure drag ratio 


Fig. 6 cone 










Section lift to total drag ratio 


Fig. 7 cont. NACA TN No. 1220 




Figure 7.- Continued. 
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Section lift coefficient, c. 


Figure 8.- Ratio of lift to total drag; / 
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Section lift to pressure drag ratio, 
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Fig. 9c 



Figure 9.- Continued. 


Section lift to pressure drag ratio 


Fig. 9d 


NACA TN No. 1226 



Figure 9.- Continued. 



Section lift to pressure drag ratio, . 
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Fig. 9e 



Figure 9.- Concluded. 


Section lilt to pressure drag ratio, 


Fig. 10a 
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Section lift coefftcient, c. 


Ratio of lift to pressure drag; 


Figure 10.- 


= 0.05. 
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Section lift to pressure drag ratio 
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Fig. lOd 



Figure 10.- Concluded. 





Section lift to total cjrag ratio, 


NACA TN No. 1226 


Fig. 11b 



Figure 11.- Continued. 


Section lift to total drag ratio, 


Fig. 11c 



Figure 


Section lift to total drag ratio, 
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Fig. lid 



Figure 11.- Continued. 



Section lift to total drag ratio, 


Fig. lie 
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Figure 11. Concluded. 
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Fig. 12 



Figure 12.- Ratio of lift to total drag; 


= 0.05. 



Section lift to total drag ratio 


Fig. 12 cont. 
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Figiire 12.- Continued. 


Section lift to total drag ratio 
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Fig. 12 cone 





Section lift to pressure drag ratio, 


Fig. 13 
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Section lift to pressure drag ratio, 


NACA TN No. 1226 


Fig. 13 cont. 



Figure 13.- Continued. 




Fig. 13 cone. NACA TN No. 1226 
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Fig. 14 









Section lift to total drag ratio 
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Fig. 15a 



Figirre 15.- 


Ratio of lift to total drag; 



= 0.05. 


o 




Section lift to total drag coefficient, 


Fig. 15b 
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Figure 15.- Continued. 



Section lift to total drag ratio, 
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Fig. 15c 



Figure 15.- Continued. 





Section lift to- total drag ratio, ■ 
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Fig. 15e 



Figure 15,- Concluded. 



Section lift to total drag ratio, 


Fig. 16 
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Section lift to total drag ratio 






